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SUMMARY 
Results  are  presented  from  two  separate  tests  on  the  same  blended  wing-body 
hydrogen-fueled  transport  model at  a  Mach  number  of  about 8 and  a  range  of  Reynolds 
numbers  (based  on  theoretical  body  length)  of 0.597 x 1 O6 to about  156.22 x 106. 
Tests  were  made  in  a  conventional  hypersonic  blowdown  tunnel  and  a  hypersonic  shock 
tunnel at  angles  of  attack  of -20 to  about 8O, with  an  extensive  study  made  at  a 
constant  angle  of  attack  of  30.  The  model  boundary-layer  flow  varied  from  laminar 
at  the  lower  Reynolds  numbers to predominantly  turbulent at  the  higher  Reynolds  num- 
bers.  Model  wall  temperatures  and  stream  static  temperatures  varied  widely  between 
the  two  tests,  particularly  at  the  lower  Reynolds  numbers.  For  the  blowdown-tunnel 
tests,  the  wall  temperature  was  about  8600R  and  the  stream  static  temperature  was 
about  100oR;  for  the  shock-tunnel  tests,  the  wall  temperature  was  about  540°R  and  the 
stream  static  temperature  was  200°R  to  3000R.  These  temperature  differences  resulted 
in  marked  variations  of  the  axial-force  coefficients  between  the  two  tests,  due in 
part to the  effects  of  induced  pressure  and  viscous  interaction  variations.  The 
normal-force  coefficient  was  essentially  independent  of  Reynolds  number.  Current 
theoretical  computer  programs  and  basic  boundary-layer  theory  were  used  to  study  the 
effects  of  wall  temperature,  static  temperature,  and  Reynolds  number. 
INTRODUCTION 
The  interpretation  and  application  of  aerodynamic  test  data  from  conventional 
wind  tunnels  and  shock  facilities  in  the  determination  of  full-scale  aerodynamic 
performance  of  a  particular  design  are  the  primary  goal  of  configuration  testing. 
This  is  accomplished  by  selecting  a  design  having  sufficient  volume  to  house  the 
required  fuel  and  payload,  adequate  wing  area  for  a  safe  landing,  and  a  shape  based 
on available  theory,  published  data,  and  experience.  Such  a  configuration  was  the 
liquid-hydrogen-fueled  hypersonic  transport  concept,  figure 1, that  was  extensively 
tested  through  a  wide  Reynolds  number  range  in  a  shock  tunnel  and  reported  in 
reference 1. 
The purpose  of  this  paper  is  to  report  the  results  of  further  free-transition 
tests  on  the  same  model of reference 1 in a conventional  hypersonic  blowdown  wind 
tunnel  at  the  same  Mach  number  through  a  sufficiently  wide  Reynolds  number  range  to 
allow  the  boundary  layer  to  vary  from  essentially  all  laminar  to  predominantly  tur- 
bulent,  to  compare  the  data  from  the  blowdown  tunnel  with  the  data  from  the  shock 
tunnel,  and  to  analyze  the  results. 
The  major  differences  existing  between  tests  in  the  two  tunnels  were  the  ratios 
of  model  wall  temperature  to  stagnation  temperature  and  the  stream  static  tempera- 
tures.  The  shock-tunnel  data  were  taken  with  a  relatively  low  model  wall  temperature 
and  a  relatively  high  stream  static  temperature,  whereas  the  conventional  wind-tunnel 
data  were  taken  with  a  high  model  wall  temperature  and  a  low  stream  static 
temperature. 
Presentation  of  results  includes  a  comparison  between  all  experimental  longitud- 
inal  force  and  moment  coefficients  measured  in  a  conventional  blowdown  hypersonic 
tunnel  and  those  measured  in  a  hypersonic  shock  tunnel;  experimental  data  are  then 
compared  with  theoretical  predictions  made  with  the  Mark I11 Gentry  Hypersonic 
Arbitrary-Body  Aerodynamics  Computer  Program  (GHABAP) . (See ref. 2. ) The experi- 
mental  data  were  obtained at  a  Mach  number  of  about 8 through  a  Reynolds  number 
range  (based on theoretical  model  body  length)  from  about 0.597 x 106 to about 
156.22 x 106. The  model  boundary-layer  flow  was  laminar t the  lower  Reynolds 
numbers  and  predominantly  turbulent  at  the  higher  Reynolds  numbers.  The  angle-of- 
attack  range  was  from -2O to  about 8O. 
The  results  of  an  extensive  study  of  data  at  a  constant  angle  of  attack  of 30 
are  presented.  Included in the  study  is  a  comparison  of  experimental  data  with 
calculations  from  the  GHABAP  (ref. 2), an  estimation  of  the  inviscid  pressure  forces 
by extrapolation  of  axial-force  data  to  very  high  Reynolds  numbers,  and  an  improved 
method  of  axial-force  prediction  under  laminar-flow  conditions  by  evaluating  the 
induced  pressure  effects,  including  viscous  interaction,  through  use  of  the  calcu- 
lated  displacement  boundary-layer  thickness  distributions. 
Blowdown-tunnel  and  shock-tunnel  calibrations  are  presented  in  appendix  A,  a 
discussion  of  the  boundary  layer  and  laminar  skin  friction  as  affected  by  the  wall 
and  stream  static  temperatures  is  presented  in  appendix  B,  and  a  presentation  of  the 
effects  of  model  location  and  test  time  on  force  data  recorded  in  an  axially  symmet- 
ric  hypersonic  blowdown  tunnel  is  presented  in  appendix  C. 
SYMBOLS 
A 
C 
CA 
cD 
CF 
Cf 
CL 
Cm 
CN 
cP 
C 
PA 
C 
- 
C 
2 
reference  area,  area of wing  including  fuselage  intercept, 70 in 2 
axial-force  coefficient 
drag  coefficient, - D 
%A 
average  skin-friction  coefficient 
local  skin-friction  coefficient 
lift coefficient, - L 
%A 
My 
qco*c 
pitching-moment  coefficient, - - 
FN 
qcoA 
normal-force coefficient, - 
pressure  coefficient 
axial  pressure  coefficient 
wing  chord 
mean  aerodynamic  chord 
wing cen te r l ine  roo t  chord  
D 
FA 
FN 
L 
1 
M 
MY 
Npr 
P 
9, 
R 
RX 
T 
T I  
V 
X 
a 
6* 
Y 
P 
P' 
exposed wing root chord 
drag, F s i n  a + F cos a 
a x i a l  f o r c e  a l o n g  X-axis ( p o s i t i v e  d i r e c t i o n  is  -X) 
N A 
normal  force along Z-axis  (posi t ive direct ion is - Z )  
l i f t ,  F cos a - F s i n  a 
l i f t - d r a g  r a t i o  
N A 
r e fe rence  l eng th  ( theo re t i ca l  l eng th  of  model f u s e l a g e ) ,  25.92 in .  ( s ee  
f i g .  1) 
Mach number 
moment about Y-axis 
Prandt l  number 
pressure  
f ree-s t ream dynamic pressure  
Reynolds number 
Reynolds number based on theore t ica l  fuse lage  length ,  f ree-s t ream 
condi t ions  
Reynolds number based on d i s t ance  from leading edge 
temperature 
reference temperature  (see appendix B)  
volume 
d i s t ance  from beginning of boundary layer 
percent exposed wing semispan 
angle  of a t t a c k  
boundary-layer displacement thickness 
r a t i o  of s p e c i f i c  h e a t  
dynamic v i s c o s i t y  
dynamic v iscos i ty  based  on reference temperature  
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Subscr ip ts :  
a w  a d i a b a t i c  w a l l  
B body 
IP   induced   pressure  
Inv   i nv i sc id  
LE leading  edge 
W X  maximum 
min m i n i m u m  
0 s t agna t ion   cond i t ion  
P planform 
TE t r a i l i n g  edge 
u n i t   p e r   u n i t  of  length 
V I  v i scous   i n t e rac t ion  
w wing 
W wal l   condi t ion  
X local   d is tance  f rom  leading  edge or from  beginning of boundary  layer 
1 l o c a l  
co st ream  condi t ion 
Abbreviations: 
C a l .  c a l c u l a t e d  
GHABAP Gentry  Hypersonic  Arbitrary-Body  Aerodynamics  Program (Mark 111 ver s ion )  
Inv .   inv isc id  
LRC Langley  Research  Center 
t.p. t angen t   po in t   ( s ee   f i g .  2 )  
Fuse l age  d imens ions  de t a i l ed  in  t ab le  I1 and f igure 2: 
x/ I body s t a t i o n ,   i n  p e r c e n t   t h e o r e t i c a l   f u s e l a g e   l e n g t h  
X d i s t ance  from  nose  of  fuselage t o  cross s e c t i o n  
H 
A 
rad. B 
rad. T 
rad. US 
rad. LS 
rad. E 
Sd 
sw 
rad. W 
The 
height  of  fuselage 
distance  between  reference  line  and  top  of  fuselage 
radius  of  fuselage  bottom 
radius  of  fuselage  top 
radius  of  strake  upper  surface 
radius  of  strake  lower  surface 
radius  of  fuselage  side 
distance'from  bottom  of  fuselage to  strake  leading  edge 
distance  from  side  of  fuselage  to  strake  leading  edge 
radius  of  fairing  from  fuselage  to  wing 
TEST  CONFIGURATION 
test  model  was  the  1/150-scale  hypersonic  transport  concept  of  reference 1 
and  is  shown  in  figure 1. The  fuselage  cross-section  design  was  semielliptical  with 
a  width-height  ratio  of 2 to 1; the  cross-sectional  area  was  expanded from the  nose 
to  a  maximum  at  the 0.66 body  station  according  to  the  Sears  Haack  volume  distribu- 
tion  equations  for  minimum  drag  bodies  of  reference 3 and  converged  to  zero  at  sta- 
tion 1.00. Strakes  were  added  to  improve  the  hypersonic  lifting  capability  of  this 
voluminous  component.  The  fuselage  was  blended  with  the  strakes  and  the  wing  to 
reduce  adverse  component  interference  effects.  (Details  of  the  configuration  tested 
are  shown  by  the  solid  lines  in  fig. 1 . )  The  vertical  tail  and  engine  were  not 
installed  for  the  present  tests.  The  fuselage  cross-sectional  design  scheme  is  shown 
in  figure 2. All  design  curves  were  circular  arcs to  facilitate  fabrication.  The 
overall  geometric  characteristics  of  the  model  are  presented  in  table I nd the 
detailed  fuselage  dimensions  illustrated  in  figure 2 are  presented  in  table  11.  The 
model  was  constructed  entirely  of  4130  steel  to  provide  maximum  strength  in an 
annealed  condition  to  withstand  the  high  loads  imposed  on  the  model  during  the  shock- 
tunnel  tests.  The  model  fuselage  was  machined  to  accept  a  three-component  strain- 
gage  balance  and  three  accelerometers  to  measure  aerodynamic  forces,  moments,  and 
accelerations  for  the  shock-tunnel  tests. A six-component  strain-gage  balance  was 
utilized  for  the  blowdown  wind-tunnel  tests. 
PRESENTATION OF RESULTS 
The  results  of  wind-tunnel  and  shock-tunnel  tests  at M IJ 8 on  a  wing-body 
model  of  a  hypersonic  transport  concept  are  presented  in  the  following  figures: 
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The Langley  Mach 8 Variable-Density  Tunnel  consists  of  an  axially  symmetri,c 
nozzle  with  contoured  walls,  has  an  18-inch-diameter  test  section,  and  operates on a 
blowdown  cycle.  The  tunnel-wall  boundary-layer  thickness,  and  hence  the  free-stream 
Mach  number,  is  dependent  upon  the  stagnation  pressure.  For  these  tests  the  stagna- 
f 
! I  /I 
If 
E. 
I! 
I 
tion  pressure  was  varied  from  about  128  to  2835  psia  and  the  stagnation  temperature 
rated  region  as  defined in reference 4. The  resulting  Reynolds  number  varied  from 
about  0.637 x 1 O6 to 11.0 x 1 O6 per  foot. Dry air  was  used  for  all  tests  to  avoid 
any  condensation  effects.  The  calibration  of  this  tunnel  for  the  present  tests  is 
presented  in  figures 9 to 11 and  discussed  in  appendix A. The  model  was  tested in 
the  Mach 8 Variable-Density  Tunnel  on  a  sting-mounted  internal  six-component  water- 
cooled  strain-gage  balance.  This  combination  was  injected  into  the  hypersonic  flow 
after  the  blowdown  cycle  had  begun  and  retracted  before  the  cycle  was  stopped. 
Tests  were  made  with  free  transition  at  a  fixed  angle  of  attack,  and  the  final  data 
were  corrected  for  sting  deflection.  The  moment  reference  station  was  placed  at 
6.15  percent 5 ,  0.566 1. (See  fig. 1. ) Tests  were  conducted  through  an  angle-of- 
attack  range  of  about -10 to 70 at  zero  sideslip  angle.  The  base  pressures  were 
measured  for  all  tests,  and  the  axial  force  was  corrected  to  a  condition  of  free- 
stream  static  pressure on the  base. 
E was  varied  from  about  11350R  to  1480OR  to  avoid  air  liquefaction  and  the  supersatu- 
Calspan  Hypersonic  Shock  Tunnel 
The  Calspan  96-Inch  Hypersonic  Shock  Tunnel,  described  in  reference  5,  employs  a 
reflected  shock  to  process  air to  conditions  suitable  for  supplying  an  axially sym- 
metric  convergent-divergent  hypersonic  nozzle.  The  shock-processed  air  is  expanded 
through  a  contoured  nozzle,  having  interchangeable  throats,  to  the  desired  test  con- 
ditions  at  the  24-inch  exit  diameter.  Test  time  varied  with  conditions  up  to  about 
13  milliseconds  duration.  For  the  shock-tunnel  tests  the  stagnation  pressure  varied 
from  about  337  psia to 18 650  psia,  and  stagnation  temperature  varied  from  about 
691°R  to  3973OR  to  avoid  liquefaction  and  to  tailor  the  wide  test  Reynolds  number 
range  at  a  Mach  number  of  approximately 8. The  Reynolds  number  per  foot  varied  from 
about  0.276 x lo6 to  72.3 x lo6 for  the  shock-tunnel  tests.  Some  of  the  higher 
stagnation  temperatures  were  utilized  at  the  lower  stagnation  pressures  to  help 
obtain  the  lower  Reynolds  numbers  by  increasing  viscosity.  Stagnation  pressure, 
temperature,  and  Mach  number  are  plotted  with  Reynolds  number  in  figure  12  and  are 
discussed  in  appendix A for  all  shock-tunnel  tests.  Tests  were  conducted  in 
unsaturated  air  where  the  lowest  test  static  temperature  was  127.8OR;  thus,  as 
defined  in  reference 4, all  data  were  taken  well  outside  the  supersaturated  region. 
The  model  was  mounted  on  a  three-component  strain-gage  balance  just  downstream  of  the 
contoured  nozzle  exit  at  a  fixed  angle  of  attack  for  all  tests,  and  the  final  data 
were  corrected  for  sting  deflection.  The  free-stream  Mach  number  was  determined  from 
pitot  pressures  measured  for  each  test  run  by  means  of  piezoelectric  crystal  pressure 
transducers  mounted  in  the  test  section.  Tests  were  made  with  free  transition,  and 
base-pressure  corrections  were  applied  as  described  in  the  previous  section  on  the 
blowdown  tunnel. 
THEORETICAL  METHODS 
The  theoretical  studies  made  in  the  present  report  consist  of,  first,  computer- 
ized  calculations  predicting  the  various  longitudinal  aerodynamic  coefficients  at 
appropriate  flow  conditions  for  angles  of  attack  up to loo and,  second,  a  detailed 
investigation  of  the  normal  and  axial  forces  with  variation  in  Reynolds  number  at  a 
constant  angle  of  attack  of  30,  for  which  both  the  high-speed  computer  and  desk-top 
calculators  were  utilized to evaluate  the  induced  pressure  effects on axial-force 
coefficients. 
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Inviscid  Aerodynamics 
The  theoretical  studies  made  major  use  of  the  Mark I11 Gentry  Hypersonic 
Arbitrary-Body  Aerodynamics  Program  (GHABAP).  (See  ref. 2.) The  aircraft  configura- 
tion  was  divided  into  approximately 800 elements,  as  shown  in  figure 3, for  the  cal- 
culation  of  both  the  inviscid  and  viscid  aerodynamics.  This  program  has  available  a 
variety  of  optional  inviscid  pressure-distribution  calculation  methods  for  both  the 
impact  flow  and  the  shadow  flow  regions,  which  may  be  arbitrarily  applied  to  indi- 
vidual  model  panels.  Various  methods  and  distributions  were  tried  on  the  present 
configuration  including  the  tangent-cone,  tangent-wedge,  and  the  shock-expansion 
methods  for  the  impact  flow  regions  while  using  the  Prandtl-Meyer  expansion  from 
free  stream  to  all  shadow  regions.  The  most  successful  combination  was  found  to  be 
the  use  of  the  tangent-cone  pressure  distribution  on  the  forward  fuselage  and  strakes 
ahead  of  the  wing-fuselage  junction  and  the  tangent-wedge  method on e wings  and 
that  portion  of  the  fuselage  aft  of  the  wing-fuselage  junction.  This  choice  of 
pressure-distribution  methods  gave  normal-  and  axial-force  coefficients  on  the  com- 
plete  configuration  that  were  essentially  the  same  as  those  predicted  by  the  use  of 
the  tangent-cone  option  on  the  fuselage  and  the  shock-expansion  option  on  the  wings 
and  strakes,  as  presented  in  reference 1, but  gave  much  more  realistic  pitching- 
moment  coefficients.  The  difference  between  the  estimated  pitching  moments  calcu- 
lated  by  the  methods  of  reference 1 and  those  calculated  by  the  present  methods  was 
in excess of 10-percent  static  margin.  This  compromise  in  selection  of  inviscid 
pressure-distribution  calculation  methods  is  reasonable  when  consideration  is  given 
to  the  flattened  conical  shape  of  the  forward  fuselage  and  to  the  relatively  small 
average  thickness  ratio  of  the  aft  blended  wing-body  cross  section.  Wing  and  fuse- 
lage  leading-edge  axial-force  contributions  were  assessed  from  the results,of the 
circular-cylinder  study  of  reference 6. A  base  pressure  coefficient of -1/M2 
(ref. 7) was  assumed  to  exist  on  the  blunt-wing  trailing  edge. 
Skin  Friction 
Laminar  skin  friction  was  calculated  within  the  GHABAP  by  the  TI-theory  (the 
reference-temperature  method  of  Monaghan  in  ref. 8). A discussion  of  this  reference- 
temperature  calculation  is  presented  in  appendix B. Although  the  magnitude  of  the 
laminar  skin  friction  is  relatively  insensitive  to  variations  of  Prandtl  number  and 
Mach  number,  it  is  sensitive  to  wall  and  local  stream  temperatures.  For  a  given 
local  stream  temperature  of  100°R,  figure  13(a)  shows  that  the  skin  friction  may  be 
expected  to  decrease  somewhat  with  increasing  Mach  number  but  to  decrease  markedly 
with  wall  temperature.  For  the  given  hypersonic  Mach  number  of 8, figure  13(b)  shows 
that  the  laminar  skin  friction  will  decrease  with  increases  in  the  ratio  of  wall 
temperature  to  local  temperature or  in  stream  static  temperature  or  in  both. 
Turbulent  skin  friction  was  calculated  within  the  GHABAP  by  the  method  of 
Spalding  and  Chi  (ref. 9). 
Induced  Pressure 
The  buildup  of  a  laminar  boundary  layer  on  an  aerodynamic  surface  effectively 
alters  the  surface  contour;  consequently,  the  resulting  airflow  is  rerouted  and  the 
surface  pressure  distribution  is  changed.  Two  methods  of  accounting  for  this  laminar 
boundary-layer  induced  pressure  were  utilized. 
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4 1 The f i r s t  method used  the  induced-pressure  opt ion  ava i lab le  in  the  GHABAP t o  provide estimates for comparisons between theory and experiment with angle of attack, f i g u r e  4, and with Reynolds number a t  a cons tan t  angle  of  a t tack ,  f igure  5. 
i , ,  I;;, 
$ 
The second,  or  present ,  method used detailed two-dimensional boundary-layer 
s t r a k e s  a t  a cons t an t  ang le  of a t t a c k  of 3O f o r  t h e  low  Reynolds number laminar tes t  
region  below R = 10 X 1 06.  This method is d e t a i l e d  as fol lows.  The boundary-layer 
d i sp l acemen t  th i ckness  d i s t r ibu t ion  w a s  ca l cu la t ed  fo r  bo th  the upper and lower sur- 
faces of t he  wing  and the  fuse lage-s t rake  combina t ion ,  tak ing  in to  account  the  wedge- 
slab-wedge a i r fo i l  s e c t i o n  of  the wing,  the fuselage contours ,  and the resul t ing 
va r i a t ion  o f  local f low  condi t ions by the  methods  of re ference  8. (See  appendix B.) 
The w a l l  temperatures  were taken as 540°R for  the shock-tunnel  tests and 860°R f o r  
the  blowdown tunne l  tests, and a P rand t l  number w a s  assumed as 0.68. The v a r i a t i o n  
of displacement boundary-layer thickness on a f l a t  p l a t e  w i t h  P r a n d t l  number and a 
comparison of c a l c u l a t i o n s  by the  methods  of re ference  8 with a more e x a c t  method of 
reference 10 is p resen ted  in  f igu re  16  and  d i scussed  in  append ix  B. The l o c a l  s l o p e  
of  the displacement  boundary-layer  prof i le  ( f igs .  17 and  18) w a s  determined analyt i -  
c a l l y  a t  l o n g i t u d i n a l  s t a t i o n s ,  and new p r e s s u r e  d i s t r i b u t i o n s  were ca l cu la t ed  from 
these boundary-layer displacement thickness contours on both wing and fuse l age  s u r -  
faces  us ing  a tangent-wedge  approximation  based on stream Mach number. The d i f f e r -  
ence i n  t h e  i n t e g r a t e d  p r e s s u r e  d i s t r i b u t i o n  o b t a i n e d  by t h i s  method and t h e  i n v i s c i d  
value given by the  GHABAP was considered the present  induced pressure increment .  As 
an  example, a p l o t  o f  t he  p re s su re  d i s t r ibu t ions  on the  wing are shown i n  f i g u r e  19. 
The new induced  pressure  d is t r ibu t ions  vary  for  R u n i t  = 0.66 x lo6 p e r  f o o t  and 
Tw = 860°R, from as high as 20 t o  60 times the  inv isc id  pressures  immedia te ly  down- 
stream of the leading edge for the bottom and top forward wing surfaces ,  respec-  
t i v e l y ,  t o  o n l y  1.2 t o  1.5 times t h e  i n v i s c i d  p r e s s u r e s  a t  t h e  wing t r a i l i n g  e d g e .  
Similar p r e s s u r e  d i s t r i b u t i o n s  were ca lcu la ted  for  the  fuse lage-s t rake  combina t ion .  
N o  estimates of turbulent  boundary-layer  induced pressures  were made. 
i 
: I  induced  pressure estimates made f o r  the exposed  wing  panels  and  for  the  fuselage  and 
1' 
Viscous  Interact ion 
The l a r g e  i n d u c e d  p r e s s u r e  g r a d i e n t  ( f a l l i n g  p r e s s u r e s )  discussed in  the  p reced-  
ing  sec t ion  has  an  adve r se  e f f ec t  on the  l amina r  sk in  f r i c t ion  and is  h e r e a f t e r  
r e f e r r e d  t o  as v i scous   i n t e rac t ion .  As with   the   induced   pressure   ca lcu la t ions ,  t w o  
methods were u t i l i z e d  t o  a c c o u n t  f o r  t h i s  v i s c o u s  i n t e r a c t i o n .  The f i r s t  method  used 
the  GHABAP which  normal ly  tabula tes  the  laminar  sk in  f r ic t ion  in  combina t ion  wi th  an  
estimate of t he  v i scous  in t e rac t ion .  For the p r e s e n t  a n a l y s i s ,  this program w a s  
mod i f i ed  to  t abu la t e  t he  sk in  f r i c t ion  wi thou t  t he  v i scous - in t e rac t ion  inc remen t .  
The increment  of  v i scous  in te rac t ion  w a s  t he re fo re  the  d i f f e rence  between t h e  o r i g i -  
n a l  and the modified  computer-program  results.  These  increments were u s e d  i n  combi- 
nat ion with the induced pressure increment  and the leading-edge and t ra i l ing-edge 
d r a g  i n  f i g u r e  4 and were shown s e p a r a t e l y  i n  f i g u r e  5. 
The second or p r e s e n t  method to  a c c o u n t  f o r  t h e  i n c r e a s e  i n  CF due to  the  
induced pressure gradient  used the methods  of re ference  11 which assumed a boundary- 
l a y e r  v e l o c i t y  p r o f i l e  similar t o  t h o s e  of incompressible flow and a power-law d i s -  
t r i b u t i o n  of the  se l f - induced  pressure  grad ien t .  The v a r i a t i o n  of t he  ca l cu la t ed  
p res su re  d i s t r ibu t ions  wi th  d i s t ance  from the leading edge w a s  compared wi th  the  
equat ion P a Xn t o  determine  the  value  of  n t h a t  would b e s t  match the   p ressure-  
d i s t r i b u t i o n  c u r v e ,  and a s k i n - f r i c t i o n  c o r r e c t i o n  c o e f f i c i e n t  w a s  obtained from a 
c h a r t  of t h e   c o e f f i c i e n t   v e r s u s  n f o r   v a r i o u s  values of w a l l  t empera ture   ( re f .  1 1 ) .  
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A fu r the r - r equ i r ed  co r rec t ion  was a func t ion  of the r a t i o  o f  l o c a l  p r e s s u r e  t o  stream 
pres su res  a t  t h e  t r a i l i n g  e d g e .  As with  the  induced  pressures ,  the  d i f fe rences  i n  
the  ca l cu la t ed  va lues  of s k i n  f r i c t i o n  w i t h  i n d u c e d  p r e s s u r e s  ( f a v o r a b l e  p r e s s u r e  
g r a d i e n t )  on the exposed surfaces by t h e  methods  of r e fe rence  11 and those values 
from the GHABAP wi thou t  v i scous  in t e rac t ion  were c o n s i d e r e d  t o  be the p r e s e n t  values 
of v i scous  in t e rac t ion  o r  the inc remen ta l  sk in  f r i c t ion  due  t o  induced pressure.  The 
p r e s e n t  estimate of t he  t o t a l  a x i a l - f o r c e  c o e f f i c i e n t  f o r  t h e  c o n f i g u r a t i o n  a t  any 
given f low condi t ion is t h e r e f o r e  t h e  sum of t h e  i n v i s c i d  a n d  s k i n - f r i c t i o n  c o e f f i -  
c i en t s  p rov ided  by t h e  GHABAP plus  leading-edge bluntness  drag,  wing t r a i l i ng -edge  
base  drag ,  incrementa l  va lues  of  induced  pressure ,  and  v iscous  in te rac t ion ,  i .e., t h e  
s k i n  f r i c t i o n  due to  induced  pressure  grad ien t .  Because  these  increments  are depen- 
dent  on the boundary-layer  displacement  thickness  dis t r ibut ion,  which ( l i k e  t h e  lami- 
n a r  s k i n  f r i c t i o n )  is a func t ion  not  on ly  of  Reynolds number b u t  a l s o  of t h e  r a t i o  of 
w a l l  temperature t o  local temperature ,  there  w a s  a noticeable v a r i a t i o n  between d a t a  
recorded  in  the  shock  tunnel  wi th  a cold-wall  model and data from the blowdown tunne l  
with a hot-wall   model.   Leading-edge  bluntness  further  contributes  to  the  induced 
p r e s s u r e  e f f e c t s ,  as p o i n t e d  o u t  i n  a n  e a r l y  s t u d y  ( r e f .  1 2 ) ,  b u t  these e f f e c t s  were 
not  e .va lua ted  for  the  present  conf igura t ion  s tudies .  No estimates of the  v iscous  
i n t e r a c t i o n  were made for  tu rbulen t  boundary- layer  condi t ions .  
RESULTS AND DISCUSSION 
Comparison of Blowdown-Tunnel Data and Shock-Tunnel Data and Comparison 
of Data With Theore t i ca l  Estimates 
Experimental  longitudinal aerodynamics of a wing-body conf igura t ion  through an  
angle-of-at tack range from a convent ional  blowdown wind tunne l  and a shock tunnel  are 
compared i n  f i g u r e  4, a long W i t h  t h e o r e t i c a l  estimates from  the GHABAP. Tes ts  were 
conducted i n  t h e  blowdown tunnel  through the widest  possible  Reynolds  number range, 
and  an e f f o r t  was made to  match  those  Reynolds numbers of the  shock-tunnel tests. I t  
was n o t  p o s s i b l e  t o  match the extreme Reynolds numbers (0.597 X 1 O6 and 156.22 X 1 06) 
of the shock-tunnel tests because of the excessively thick tunnel-wall  boundary 
l aye r s  a t  the lower Reynolds numbers  and a des ign  s t agna t ion  p res su re  limit a t  the  
higher  Reynolds  numbers.  Therefore,  there were f o u r  test Reynolds  numbers  from  both 
f a c i l i t i e s  t h a t  were comparable with each other and with theory,  and there were t w o  
extreme  Reynolds  numbers  from  the  shock  tunnel  that were comparable  with  theory. 
Many tests were made i n  b o t h  f a c i l i t i e s  a t  a cons t an t  ang le  of a t t a c k  of 3 O  and w i l l  
be  discussed subsequent ly .  
Normal force.-  It may be seen from f igure 4(a)  that  the experimental  normal-  
f o r c e  c o e f f i c i e n t  v a r i e s  o n l y  s l i g h t l y  between tes t  f ac i l i t i e s  and /o r  w i th  Reyno lds  
number. Some scatter e x i s t s ;  b u t  c o n s i d e r i n g  t h a t  e a c h  d a t a  p o i n t  shown w a s  the  
r e s u l t  of a separate  wind-tunnel  test  made a t  a d i f f e r e n t  t i m e ,  it is no t  s eve re .  
The theory shows  good p red ic t ions  bo th  fo r  t he  t r end  and  magn i tude ,  pa r t i cu la r ly  
a t  poss ib l e  cruise angles  of a t t a c k ,  i.e. , 2 O  to  5O. The small var ia t ions  between 
normal-force predict ions a t  the high and low Reynolds  numbers are due to  t h e  
v a r i a t i o n   i n   f r e e - s t r e a m  Mach number wi th   t unne l   s t agna t ion   p re s su re .  A t  M = 8 it 
may be conc luded  tha t  t he re  w a s  a minimal  var ia t ion of normal - force  coef f ic ien t  wi th  
Reynolds number or  wi th  test  f a c i l i t i e s  - a l though there  were l a rge  va r i a t ions  . i n  
model surface temperatures and stagnation temperatures between the blowdown tunnel  
and  the  shock  tunnel. (See appendix A.) 
Axial f o r c e  .- The ax ia l - fo rce  coe f f i c i en t s  f rom the  two sets of tests are pre- 
s e n t e d  i n  f i g u r e  4 ( b ) .  T h i s  f i g u r e  shows not  on ly  a wide  va r i a t ion  of ax ia l - fo rce  
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'1 coef f ic ien t  wi th  Reynolds  number - as expected  within a g i v e n  f a c i l i t y  - b u t  a marked 
v a r i a t i o n  of a x i a l - f o r c e  c o e f f i c i e n t  between f a c i l i t i e s  a t  approximately the same 
Mach and  Reynolds  numbers. A d i scuss ion  of t h e  v a r i a t i o n  of t h e  a x i a l  f o r c e  between 
the  two f a c i l i t i e s  a t  similar f low condi t ions must be based on theo re t i ca l  cons ide ra -  
t ions  because  the i d e n t i c a l  model w a s  used for  both sets of tests. mere were two 
main differences  between  the blowdown-tunnel  and  shock-tunnel tests. F i r s t ,  t h e  
model w a l l  temperatures  were near ly  60 p e r c e n t  h i g h e r  i n  t h e  blowdown tunne l  where 
the  model w a s  subjected to  about  10 seconds of ho t  hypersonic  f low 11 35OR to  1 480°R 
be fo re  da t a  were recorded. The w a l l  temperature  of  the model i n  t h e  shock  tunnel 
w a s  a t  an ambient temperature of about 540°R be fo re  the  run  tha t  l a s t ed  less than 
0.015 second,  thereby  allowing the model walls l i t t l e  time t o  h e a t  up. The es t imated  
average model wall temperature for the  LRC blowdown-tunnel tests w a s  860°R, o r  a b o u t  
320°R h ighe r  than  the  known model wall temperature during the shock-tunnel tests. 
The second major difference between the tests was the much h ighe r  s t agna t ion  tempera- 
tu re s  fo r  t he  shock- tunne l  tests, p a r t i c u l a r l y  a t  the  low  Reynolds number. The d i f -  
fe rence  amounted t o   a b o u t  640°R a t  R,  = 23.79 x 106  and 2240OR a t  R, 1.69 X 106. 
The v a r i a t i o n  of model wall temperatures when combined with the w i d e l y  d l f f e r e n t  
s tagnat ion  temperatures   produces  values   of  %/To, a h ighly  s igni f icant  boundary-  
l a y e r  parameter, as high as 0.64 f o r  t h e  blowdown-tunnel tests t o  as low as 0.16 f o r  
the  shock-tunnel tests. Both laminar and turbulen t   boundary- layer   theor ies  are based 
on equa t ions  tha t  have  been  de r ived  in  terms of t h e  l o c a l  Mach and  Reynolds  numbers 
and  the  r a t io  of w a l l  t empera tu re  to  s t agna t ion  t empera tu re  o r  t he  r a t io  of w a l l  t e m -  
perature  to  boundary-layer  edge temperature;  thus,  var ia t ions of boundary-layer 
t h i ckness  and  sk in  f r i c t ion  would be expected t o  e x i s t  between the two tes t  f a c i l i -  
t ies.  The high  s tagnat ion  tempera tures  of the  Calspan tests combined with  an  approx- 
imate cons t an t  Mach number r e s u l t e d  i n  h i g h  stream s t a t i c  temperatures which, as 
d iscussed  in  the  theore t ica l -methods  sec t ion  and  appendix  B, were r e s p o n s i b l e  f o r  
s k i n - f r i c t i o n  c o e f f i c i e n t s  n e a r l y  e q u a l  t o  t h o s e  o f  t h e  LRC hot-wall tests made with 
low stream s ta t ic  temperatures .  The cold-wal l  condi t ions of  the model du r ing  the  
Calspan tests con t r ibu ted  to  the  l amina r  boundary - l aye r  s t ab i l i t y  which w i l l  be dis-  
cussed subsequently.  
f ,  
To f a c i l i t a t e  a comparison between t h e  d a t a  from the  two tunnels ,  the  same 
symbols w e r e  u sed  fo r  similar Reynolds numbers on the  two p a r t s  of f i g u r e  4 ( b )  . 
Theore t i ca l  estimates were made assuming e i ther  a l l - laminar  or  predominant ly  a l l -  
t u r b u l e n t   s k i n   f r i c t i o n .  For consistency,  therefore,   only  the  lower  and  higher 
Reynolds number viscous estimates are presented,  as the intermediate Reynolds number 
data are considered to  con ta in  a high percentage of t r a n s i t i o n a l  f l o w  which cannot 
p re sen t ly  be p red ic t ed  by the  computer  program. It may be seen  tha t  t he  expe r imen ta l  
a x i a l - f o r c e  c o e f f i c i e n t s  from the  blowdown tunnel  were cons is ten t ly  h igher  than  those  
from the  shock  tunnel.   This  trend w a s  p red ic t ed  by  Monaghan's laminar  TI-theory, 
which as presented  here in  inc luded  sk in  f r ic t ion ,  induced  pressure ,  and  v iscous-  
i n t e rac t ion  inc remen t s ;  bu t  t he  tu rbu len t  Spa ld ing -Ch i  theo ry  p red ic t ed  s l igh t ly  
lower estimates fo r  t he  ho t -wa l l  blowdown-tunnel r e s u l t s .  P r e d i c t i o n s  of the  cold-  
w a l l  shock- tunnel  resu l t s  by e i the r  l amina r  o r  t u rbu len t  t heo ry  were c o n s i s t e n t l y  
s u p e r i o r  t o  t h o s e  f o r  t h e  blowdown tunnel  a t  a l l  Reynolds  numbers.  This w a s  p a r t l y  
due t o  t h e  l a c k  o f  knowledge of the model-wall-temperature distribution during the 
blowdown-tunnel tests and t o  t h e  l a r g e r  i n d u c e d  p r e s s u r e  e f f e c t s  a t  the lower 
Reynolds  numbers.  These  induced  pressure  effects were o n l y  p a r t i a l l y  t a k e n  i n t o  
account by the  computer  program  and w i l l  be discussed subsequent ly .  The o v e r a l l  
t r end  of t h e  v a r i a t i o n s  o f  a x i a l  f o r c e  w i t h  a n g l e  of a t t a c k  w a s  accu ra t e ly  p red ic t ed  
by the  GHABAP. I t  should be n o t e d  ( f i g .  4 ( b ) )  t h a t  t h e  p r e d i c t e d  i n c r e m e n t s  of s k i n  
f r i c t i o n ,  t a k e n  as t h e  d i f f e r e n c e  between the leading-edge axial-force curves and the 
i n d i v i d u a l  to ta l  ax ia l - force  curves  ( labe led  "Turbulent  CF1l and  "Laminar C,") I t end  
to  inc rease  wi th  ang le  o f  a t t ack .  These increments  of  skln fr ic t ion increase more 
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r ap id ly  fo r  t he  tu rbu len t  t han  fo r  t he  l amina r  estimates , a t r e n d  t h a t  was accura t e ly  
pred ic ted  by the  GHABAP. The shor t   cu rves  a t  a = 3 O  l abe led  "With  6*Cal." are 
estimates made  by the  p re sen t  methods and w i l l  be  discussed subsequent ly .  
Improvements of complex configuration axial-force prediction a t  hypersonic  
speeds depend on a be t te r  unders tanding  of  the  model w a l l  t empera tu re  d i s t r ibu t ion ,  
a r ev i s ion  of computer programs t o  c a l c u l a t e  p r e s s u r e  d i s t r i b u t i o n s  a n d  s k i n  f r i c -  
t i on  a long  su r face  s t r eaml ines  in  l i eu  of the p r e s e n t  streamwise o r  l ong i tud ina l  
flow assumption, and advanced methods of accounting for the laminar induced pressure 
e f f e c t s  on l o c a l  p r e s s u r e s  and s k i n  f r i c t i o n .  Local areas of  boundary-layer  transi- 
t ion  and/or  separa t ion  must a l s o  be accounted for. 
L i f t . -  The l i f t  c o e f f i c i e n t s  are shown i n  f i g u r e  4 ( c ) ,  a long  wi th  theo re t i ca l  
p r e d i c t i o n s  f o r  t h e  h i g h e s t  and  lowest  Reynolds number tests. It may be  seen  tha t  
t h e r e  w a s  l i t t l e  d i f f e r e n c e  b e t w e e n  t h e  l i f t - c o e f f i c i e n t  d a t a  t a k e n  a t  d i f f e r e n t  
Reynolds  numbers o r  b e t w e e n  f a c i l i t i e s .  P r e d i c t i o n s  o f  l i f t  c o e f f i c i e n t  are con- 
s idered   adequate   for   p re l iminary   des ign ,   bu t   the   p red ic ted   s lope   o f  CL with  angle  
of a t t a c k  is s l i g h t l y  h i g h .  This is due i n  p a r t  to the  bui ldup  of boundary  layer 
w h i c h  t e n d s  t o  e f f e c t i v e l y  d i s t o r t  t h e  model su r faces  in  such  a way as to  dec rease  
the  experimental   l i f t -curve  s lope.   This   observat ion stems from  two-dimensional 
shock-expansion calculat ions made on wings having wedge-slab-wedge a i r f o i l s  similar 
t o  t h e  p r e s e n t  model  wing a i r f o i l  and an a i r f o i l  d e s i g n e d  from the boundary-layer 
prof i les  d i scussed  in  appendix  R. These calculat ions showed that  the normal-force 
c o e f f i c i e n t  w a s  dec reased  and  tha t  t he  ax ia l - fo rce  coe f f i c i en t  i nc reased  on the  wing 
having the boundary-layer-shaped airfoil  when compared with the wedge-slab-wedge 
a i r f o i l .  Both  of t h e s e  f o r c e s  c o n t r i b u t e  t o  a d e c r e a s e  i n  t h e  l i f t  c o e f f i c i e n t  a t  a 
given angle  of  a t tack,  which resul ts  i n  a d e c r e a s e  i n  t h e  slope of t h e  l i f t  c u r v e  
with angle  of a t t a c k .  
Drag.- Comparisons of the  exper imenta l  d rag  coef f ic ien ts  and  theore t ica l  esti- 
mates are p r e s e n t e d  i n  f i g u r e  4 ( d )  f o r  t h e  v a r i o u s  test  Reynolds  numbers. Because 
the  d rag  coe f f i c i en t s  a r e  de t e rmined  from a combination of the normal- and axial- 
fo rce  coe f f i c i en t s  and  the  p red ic t ions  of the  normal  force  were  super ior  to  those  of  
ax ia l  force ,  the  var ia t ions  be tween the  exper imenta l  d rag  and  theory  are p r imar i ly  
due t o  t h e  e r r o r s  i n  t h e  p r e d i c t i o n  of ax ia l   force .   Again ,   the   shock- tunnel   resu l t s  
are be t t e r  p red ic t ed  than  the  blowdown-tunnel resu l t s  th roughout  the  angle-of -a t tack  
range for  a l l  test  Reynolds  numbers. 
L i f t -drag  ra t io . -  The l i f t - d r a g  ra t io  ve r sus  the  ang le  of a t t a c k  is presented  
i n  f i g u r e  4(e) ,  a long  wi th  theo re t i ca l  e s t ima tes .  A maximum l i f t - d r a g  r a t i o  of j u s t  
over  6 was measured on t h e  p r e s e n t  wing-body model a t  the highest  average shock-  
tunnel  Reynolds number of  156.22 x 1 06. A loss of  about 0.5 i n  L/D was recorded 
with a reduction  of R ,  t o  32.59 x 106 and  24.32 x 1 O6 f o r  t h e  two test  f a c i l i t i e s .  
These r e s u l t s  compare favorably  with  the M = 6 d a t a  of  reference  13 on a s i m i l a r  
b u t  n o t  i d e n t i c a l  body-wing  model a t  a Reynolds number of  about 21 x lo6.  Estimates 
by the  present t h e o r e t i c a l  methods tend t o  o v e r p r e d i c t  the l i f t - d r a g  r a t i o s  a t  a l l  
angles  of a t tack €or  both laminar  and turbulent  condi t ions.  This is aga in  p r imar i ly  
due to  the  inaccura t e  ax ia l - fo rce  p red ic t ions  tha t ,  i n  t u rn ,  were  due t o  a v a r i e t y  
of reasons discussed previously,  including the lack of knowledge of t he  model w a l l  
temperature distribution, the assumption within the computer proqram that the f l o w  
on t h e  model is always streamwise fo r  p re s su re  ca l cu la t ions  and  long i tud ina l  on t h e  
model with no cross f l o w  f o r  s k i n - f r i c t i o n  estimates, and inadequate estimates of 
induced  pressure  e f fec ts .  Also, local areas of t r a n s i t i o n  a n d / o r  s e p a r a t i o n  were n o t  
taken  in to  account  by the present computer program. 
1 2  
Drag  due to lift.- The  drag  due to lift  is  presented  in  figure  4(f),  accompanied 
by  calculated  estimates.  Of  interest  is  the  more  linear  nature  of  the  experimental 
data  than  the  theoretical  curves.  With  improved  estimates  of  drag,  particularly  for 
the  blowdown-wind-tunnel  data,  adequate  estimates  of  drag  due  to  lift  may  be  expected 
at  all  Reynolds  numbers  and  at  angles  of  attack  higher  than  that  required  for  maximum 
lift-drag  ratio.  The  slope  with CL2 of  the  inviscid  drag  curves  and  the  laminar 
total  drag  curves  are  almost  the  same  while  the  turbulent  drag  curves  have  a  slightly 
higher  slope,  a  variation  due  to  the  change  in  axial-force  increments  as  pointed out 
previously. 
Longitudinal  stability.- The longitudinal  stability  is  presented  in  figure  4(g) 
for  the  various  test  Reynolds  numbers  and  may  be  seen to b   approximately  neutral 
about  the 6.15 percent E moment-reference  station.  The  GHABAP  gives  reasonable 
estimates  of  the  longitudinal  stability,  but  the  underestimation  in  the  level  of  the 
pitching  moments  which  occurred  in  four  out  of  the  six  tests  could  lead  to  poor  esti- 
mates  of  trim. To obtain  positive  stability,  the  center  of  gravity  must  be  placed 
farther  forward  than  the  present  moment-reference  station  of 6.15 percent E ,  
0.566 I. (See  fig. 1. ) However,  such  a  forward  location  of  the  center  of  gravity 
could  produce an overly  stable  condition at high  subsonic  and  low  supersonic  speeds 
that  could  require  excessive  control  power. A redistribution  of  planform  ahead  of 
the  wing,  or  a  shift  of  the  wing  on  the  present  body,  could  provide  a  more  favorable 
compromise. 
Comparison  of  Experiment  and  Theory  at  a  Constant  Angle  of  Attack 
An  extensive  study  was  carried  out  at  a  constant  angle  of  attack  of 3 O  over  the 
complete  range  of  experimental  Reynolds  number to assess  the  improvement  in  aerody- 
namic  efficiency  with  increasing  Reynolds  number  and to gain  an  understanding  of  the 
deficiencies  of  the  available  theoretical  prediction  methods.  The  angle  of 30 was 
selected  for  the  wide-range  study  because  the  angle  of  attack  of 3O was approximately 
the  angle  of  attack  for  maximum  lift-drag  ratio  at  the  highest  test  Reynolds  number 
of 156.22 X lo6 (see  fig.  4(e) 1.  
The  normal-force  coefficient  is  shown  in  figure 5 to  be  essentially  independent 
of  Reynolds  number  for  both  the  hot-wall  tests  from  the  LRC  wind  tunnel  and  the  cold- 
wall  tests  of  reference 1 from  the  Calspan  shock  tunnel.  This  conclusion  may  be 
better  understood  if  consideration  is  given  as  to  what  happens  with  variations  of 
Reynolds  number.  The  primary  effect  of  decreasing  Reynolds  number  is  a  rapid  thick- 
ening  of  the  boundary  layer,  particularly  under  laminar  conditions.  The  thickness  of 
the  boundary  layer  is  dependent  on  the  Mach,  Reynolds,  and  Prandtl  numbers,  the  local 
gas  and  model-wall  temperatures,  and  the  viscosity  and  specific  heat  of  the  test  gas 
which,  for  the  present  tests,  was  dry  air.  This  boundary  layer  forms  on  the  upper 
surfaces  as  well  as  the  lower  surfaces  and,  as  discussed  in  appendix B, alters  the 
surface  pressures  in  a  manner  that  always  increases  the  axial  force  but  minimizes  the 
variations  in  normal  force  at  low  angles  of  attack  by  inducing  positive  pressures  on 
the  upper  surface as well  as on the  lower  surface.  Excellent  predictions  of  the 
normal-force  coefficient  on  the  wing-body  configuration  with  Reynolds  number  by the 
GHABAP  are  shown. 
In  contrast  to  the  nearly  constant  normal-force  coefficient  with  Reynolds  num- 
ber,  the  axial-force  coefficient  may  be  seen  to  decrease as expected  from  theoretical 
considerations  by  more  than 
sibly of more  importan'ce  is 
50 percent  through  the  same  Reynolds  number  range. Pos- 
the  difference  between  the  axial  forces  measured  in  the 
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two f a c i l i t i e s .  T h e r e  was about  a 16-percent increase i n  t h e  a x i a l - f o r c e  c o e f f i -  
c i e n t s  measured a t  l o w  Reynolds  numbers on the model  mounted i n  the LRC wind tunnel  
compared t o  t h o s e  measured on the same model mounted in  the  Calspan  shock  tunnel  a t  
about  the same Mach number and  Reynolds number. The major  difference  between  the two 
tests w a s  the average wall temperatures  of t h e  model and the test-gas temperatures, 
o r  more e x a c t l y  t h e  r a t i o s  of average w a l l  t empera tu re  to  s t agna t ion  temperature 
which were about  0.64 f o r  the LRC tests and 0.16 fo r  t he  Ca l span  tests. The average 
wall temperature of the LRC tests w a s  es t imated  to  be 860°R and the w a l l  temperature 
of the model i n  the Calspan shock tunnel was measured a t  540OR. The comparative 
noise  levels between t h e  f a c i l i t i e s  were unknown, b u t  t h e  tes t  s e c t i o n  of the Calspan 
tunne l  w a s  30 pe rcen t  l a rge r  t han  tha t  o f  the LRC tunnel .  
A t  lower  Reynolds  numbers  up t o  R, = 3 x IO6 where the  boundary  layer is pre-  
dominantly laminar, the GHABAP theory  underpredic t s  the  experiment f o r  b o t h  sets of 
tests, b u t  p a r t i c u l a r l y  so  fo r  t he  ho t -wa l l  LRC wind-tunnel  data.  The laminar  theory 
presented  on f i g u r e  5 inc luded  the  sum of i n v i s c i d  estimates made by assuming 
tangent-wedge pressures on the  wings including fuselage-carry-through and tangent- 
cone pressures  on the low-aspect-rat io  nose and s t rakes .  Added to  t h i s  were viscous 
estimates made by us ing  the Monaghan T I - t h e o r y  t o  c a l c u l a t e  s k i n  f r i c t i o n ,  p l u s  
induced pressure estimates and  v i scous  in t e rac t ion  co r rec t ions  u t i l i z ing  hype r son ic  
s i m i l a r i t y  t h e o r y  of references 14 t o  16, a l l  c a l c u l a t e d  by the GHABAP. The leading-  
and t ra i l ing-edge drag estimates were ca l cu la t ed  sepa ra t e ly  and  added t o  o b t a i n  t h e  
t o t a l   a x i a l - f o r c e   c o e f f i c i e n t  CA,totale (See f i g s .  5 and 7.1 
P red ic t ions  a t  Reynolds  numbers  above  about  15 x I O 6  were o n l y  f a i r  where an 
a l l - tu rbulen t  boundary  layer  w a s  assumed and the Spalding and Chi t u rbu len t  sk in -  
f r i c t i o n  t h e o r y  w a s  used .  This  underpredic t ion  of  the  turbulen t  v i scous  e f fec ts  w a s  
due i n  p a r t  t o  t h e  l a c k  of the addi t ion of  increments  of  drag due t o  e i t h e r  t h e  
boundary-layer  induced pressures  or  the viscous interact ion and the use of  the nose 
and  l ead ing  edge  fo r  t he  o r ig in  of  the turbulent  boundary layers  by the  GHABAP 
ra ther   than   the   v i r tua l -or ig in   concepts   o f   re fe rence   17 .  The Reynolds number range 
from  about 3 x 10 t o  15 x 10 w a s  a mixed f low region with a combination  of  laminar, 
t r a n s i t i o n a l ,  and turbulent  f low,  the viscous aerodynamics of  which could not  be 
determined by t h e  p r e s e n t  GHABAP. 
6 6 
From t h e s e  s t u d i e s  it may be concluded that  the normal-force coeff ic ient  is 
es sen t i a l ly  independen t  of Reynolds number and wall tempera ture  and  tha t  the  GHABAP 
predic t s  reasonably  accura te  normal - force  coef f ic ien ts  over  a wide Reynolds number 
r ange  fo r  the p r e s e n t  class of conf igura t ion .  The GHABAP p r e d i c t i o n s  f o r  a x i a l - f o r c e  
c o e f f i c i e n t  l e a v e  much t o  be desired,  and i t  w a s  no t  clear whether  the  d i f fe rence  
between experiment and theory was due t o  e r r o r s  i n  t h e  p r e d i c t e d  i n v i s c i d  a x i a l  
fo rce ,  t he  induced  p res su re  co r rec t ion ,  t he  e s t ima ted  sk in  f r i c t ion ,  o r  the viscous 
i n t e r a c t i o n  c o r r e c t i o n .  The nex t  s ec t ion  p resen t s  a s tudy  of  the  exper imenta l  da ta  
t o  p r o v i d e  an  i n s i g h t  i n t o  t h e  p r e d i c t i o n  of the i n v i s c i d  a x i a l - f o r c e  c o e f f i c i e n t .  
Estimation of Inviscid Pressure Forces  by Extrapolation of Axial-Force Data 
t o  Very  High Reynolds Numbers 
The compar ison  of  exper imenta l  ax ia l - force  coef f ic ien ts  wi th  theore t ica l  r . esu l t s  
made wi th  the  GHABAP showed t h a t  t h e  b e s t  c o r r e l a t i o n  e x i s t e d  a t  Reynolds numbers 
where the boundary  layer w a s  t h innes t .  Thin  boundary  layers are g e n e r a l l y  a s s o c i a t e d  
only with high Reynolds numbers;  however, cold-wall  temperatures produce a th inne r  
boundary  layer  than  do  hot-wall   temperatures.  It w a s  the low  Reynolds number cold- 
w a l l  tests and those a t  high Reynolds number tu rbu len t  cond i t ions  that showed the 
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bes t  co r re l a t ion  wi th  theo ry .  A study was therefore  under taken  to  ga in  a better 
understanding of what might be expected with the present  test configurat ion under  
very high Reynolds number condi t ions  where the boundary layer would  be very thin;  the 
r e s u l t s  are p r e s e n t e d  i n  f i g u r e  6. 
It i s  well-known that laminar boundary-layer parameters including laminar skin 
f r i c t i o n  are func t ions  of  the  rec iproca l  of the  square  root  of the Reynolds number. 
To ob ta in  an estimate of the laminar Reynolds number test range,  the axial-force 
c o e f f i c i e n t s   f o r  a l l  a = 3O tests were p l o t t e d   a g a i n s t  l / F l  and a r e   p r e s e n t e d   i n  
f i g u r e  6 ( a ) .  L i n e s  w e r e  fa i red  through the  lower Reynolds number da t a  and  extrapo- 
l a t e d  as a s t r a i g h t  l i n e  t o  l / p l  = 0 o r  e f f e c t i v e l y  t o  a very  high  Reynolds 
number.  Only minimal  compromise w a s  r e q u i r e d  t o  make the  fa i r ings  converge  to  the  
inviscid  value  of  CA = 0.0022 obtained from the  GHABAP plus   leading-   and  t ra i l ing-  
edge  drag. From t h i s  se t  of d a t a  and f a i r ed  cu rves  it may be concluded that  the 
GHABAP g ives  accu ra t e  p red ic t ions  o f  ax ia l - fo rce  coe f f i c i en t  a t  low angles  of  a t tack 
f o r  t h i s  class of  vehicle  a t  very high Reynolds numbers or under  inviscid condi t ions.  
The change i n  slope of t h e  d a t a  from the  fa i red  curves  g ives  an  estimate of the  
Reynolds number where t r ans i t i on  beg ins  and  where the turbulent  boundary layer  begins  
to dominate  the model boundary-layer  flow. It may be i n f e r r e d  from t h e s e  f a i r e d  d a t a  
t h a t  t h e  flow over  the model w a s  predominantly laminar a t  the lower Reynolds numbers 
and that  the difference between the present  laminar- theory predict ions and the exper- 
imenta l  ax ia l - force  da ta  is a f a i l u r e  of the theo ry  to  co r rec t ly  model the f low,  not  
an  e r ror  in  the  assumpt ion  of the  ex is tence  of laminar flow conditions.  
T h i s  r e l a t i v e l y  s u c c e s s f u l  e x t r a p o l a t i o n  of the low Reynolds number da t a  to  ve ry  
high  Reynolds  numbers u t i l i z ing  the  a s sumpt ions  of laminar  f low theory suggested that 
a similar e x t r a p o l a t i o n  e f f o r t  be made fo r  t he  tu rbu len t  Reynolds number range. A 
roo t  of 1/5 w a s  tried and  found  unsat isfactory.   Therefore ,   to   determine  the  root   of  
the turbulent Reynolds number range of experimental  data ,  a p l o t  of the experimental  
a x i a l - f o r c e  c o e f f i c i e n t s  minus the   i nv i sc id   coe f f i c i en t   o f  0.0022 w a s  prepared.  This 
p l o t ,  f i g u r e  6 ( b ) ,  was  made on f u l l  l o g a r i t h m i c  p a p e r  t o  b e s t  i l l u s t r a t e  t h e  v a r i a -  
t i on  of the  approximate  sk in- f r ic t ion  coef f ic ien t  or  n e t  ax i a l - fo rce  coe f f i c i en t  w i th  
increasing  Reynolds number. As w a s  expected from the resul ts  of an  examination of 
f i g u r e  6 ( a ) ,  t h e  n e t  s k i n - f r i c t i o n  c o e f f i c i e n t  a t  low Reynolds  numbers p l o t t e d  n o t  
only as  a s t r a i g h t  l i n e  bu t  as having a s lope  of 1 :2  which corresponds to the laminar 
square  root  of the  Reynolds number. A c a r e f u l  f a i r i n g  o f  t h e  d a t a  a t  t h e  h i g h e r  
Reynolds numbers produced a slope of 1:7 (i.e.,  1/7 r o o t )  which h i s t o r i c a l l y  h a s  been 
associated  with  turbulent   boundary-layer   parameters .   Figure  6(c)  shows the   exper i -  
men ta l  da t a  p lo t t ed  aga ins t  t he  pa rame te r  1/m; a g a i n ,  s t r a i g h t - l i n e  f a i r i n g s  of 
t h e  d a t a  e x t r a p o l a t e  to  the  inv i sc id  va lue  of a x i a l - f o r c e  c o e f f i c i e n t  of 0.0022 
determined by the  GHABAP. The abrupt  change in  s lope of the  da t a  from t h e  f a i r e d  
curves is  more p ronounced  he re  in  f igu res  6 (b )  and  6 (c )  t han  in  f igu re  6 (a ) ,  and  
t r a n s i t i o n  appears t o  begin a t  about R, = 3.4  x IO6 f o r  t h e  LRC wind-tunnel  hot- 
w a l l  data  and  about R,  = 4.5 x 1 O6 for   the  Calspan  shock-tunnel   cold-wal l   data .  A 
s tudy  o f  f igu re ’6 (c )  p rov ides  add i t iona l  ev idence  tha t  t he  expe r imen ta l  data taken a t  
Reynolds  numbers  of  about 10 x Io6  t o  15 x l o 6  and  above are  predominant ly  turbulen t  
and may be used to  e x t r a p o l a t e  t h e  a x i a l - f o r c e  c o e f f i c i e n t  t o  v e r y  h i g h  f l i g h t  
Reynolds numbers. It may be concluded  tha t  the p resen t  tests were made under predom- 
inant ly  laminar  f low condi t ions a t  the lower Reynolds numbers and predominantly tur- 
bulent  f low condi t ions a t  the higher Reynolds numbers and that the GHABAP provides  an 
e x c e l l e n t  e s t i m a t e  of the inv i sc id  ax ia l - fo rce  coe f f i c i en t .  
The h ighe r  appa ren t  t r ans i t i on  Reynolds number of the shock-tunnel data may w e l l  
have been due to  the  inc reased  boundary - l aye r  s t ab i l i t y  on the cold-wall  model  and a 
l i k e l y  lower tunne l  no i se  l eve l .  Laminar  boundary-layer s t a b i l i t y  is t h a t  f l o w  
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quality  which  resists  the  progression to transition,  and  hence  the  development  of  a 
turbulent  boundary  layer,  and  can  be  affected  by  the  Mach  number,  the  ratio  of  wall 
to local  temperature,  and  the  noise  emanating  from  the  tunnel-wall  boundary  layer. 
As the  present  tests  in  both  facilities  were  conducted  under  nearly  constant  Mach 
number  conditions,  it  must  have  been  the  cold-wall  condition  of  both  the  test  model 
and  the  shock-tunnel  walls  and  the  larger  test-section  size  of  the  shock  tunnel that 
contributed  to  the  observed  higher  transition  Reynolds  number.  Cold-wall  model 
tests,  where  the  model  walls  absorb  heat  from  the  air,  are  known to delay  transition; 
and  larger  test  sections  have  been  shown t   have  lower  noise  levels  than  smaller  test 
sections  at  similar  Mach  and  Reynolds  number  conditions.  (See  ref. 18.) It may be 
concluded  that  the  observed  higher  transition  Reynolds  number  of  the  shock-tunnel 
data  was  due  in  part  to  the  cold-wall  condition  of  the  model  and  to  the  larger  tunnel 
test  section. 
The  next  section  will  discuss  the  results  of  a  study  to  improve  the  estimates  of 
induced  pressure  effects  on  the  axial-force  coefficients. 
AXIAL-FORCE  PREDICTION  USING  PRESENT  METHOD F
INDUCED  PF33SSURE  EVALUATION 
As  summarized  in  the  section  entitled  "Theoretical  Methods,"  the  laminar  axial- 
force  coefficients  may  be  considered  as  a  combination  of  the  inviscid  pressure  forces 
including  the  wing  and  body  leading-edge  pressure  force,  the  wing  trailing-edge  base 
pressure,  the  skin  friction,  the  induced  pressure  due  to  boundary-layer  growth,  the 
variation  of  the  skin  friction  due  to  the  induced  pressures  (termed  "viscous  interac- 
tion"  herein),  and  an  increment  of  induced  pressure  due to l ading-edge  bluntness. 
The  present  study  utilized  each  of  the  above  factors  except  the  bluntness  induced 
pressure  increment to evaluate  the  total  axial-force  coefficient  of  the  present  test 
configuration. 
The buildup  of  the  calculated  laminar  axial-force  coefficients  at a = 30 for 
the  Reynolds  number  range  from  about 0.7 x l o 6  to 10 x 1 O6 based  on  model  theoretical 
lenqth  is  presented  in  figure  7(a)  for  both  the  hot-wall  and  cold-wall  test  condi- - - 
tions. The inviscid body axial force AC, and the body and wing skin friction 
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AC and AC make  up  the  largest  portion  of  the  total  coefficient,  with  the 
FB FW 
change in the body and wing viscous interaction AC and AC making  the 
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next  largest  contribution  (particularly  for  the  hot-wall  tests).  The  inviscid  wing 
forces  and  the  body  and  wing  induced  pressure  increments  are  relatively  small  com- 
pared to the viscous forces. The increment of axial force AC included a 
small  estimate  of  drag  due  to  the  blunt  trailing  edge,  as  well  as  the  leading-edge 
bluntness  drag. 
A ~ ,  LE BTE 
A  comparison  between  the  total  calculated  axial-force  coefficients  and  the 
experimental  data  is  presented  in  figure  7(b),  from  which  it  can  be  seen  that  consid- 
erable  improvement  has  been  made  over  the  GHABAP  predictions  presented  in  figure 5. 
The  major  improvement  appears  to  have  come  from  the  estimated  increment  of  the  change 
in skin  friction  due  to  induced  pressure,  particularly  for  the  hot-wall  case. 
A  comparison  of  the  resulting  lift,  drag,  and  lift-drag  ratio  calculations  util- 
izing  the  improved  axial-force  estimates  and  the  experimental  data  are  shown  in  fig- 
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ure 8. For  the  known  laminar  flow  region  below  Reynolds  numbers  of  about 3 x 1 06, 
the  lift-drag  estimates  were  in  error  by  no  more  than  about 10 percent  for  the  scat- 
tered  data  points.  Future  improvements  in  this  combination  of  methods  of  axial- 
force  prediction  are  possible  by  taking  into  account  any  variation  in  wall  tempera- 
ture  on  the  model,  by  using  shock-expansion  pressure-distribution  predictions  for 
the  boundary-layer  induced  pressures,  by  making  induced  pressure  corrections  due  to 
leading-edge  bluntness,  and  by  taking  these  induced  pressures  into  account  when 
estimating  skin  friction. 
The final  computed  estimates  of  axial-force  coefficient,  drag  coefficient, 
and  lift-drag  ratio,  which  are  presented  on  figures 7 and 8, have  been  added to 
figures  4(b), 4( d) , 4(e),  and 4( f)  at a = 30 and  are  labeled  "With  6*Cal."  A 
marked  incremental  improvement  of  the  estimates  is  shown  on  figure 4 for  the 
R, = 1.68 x lo6 and 1.53 x 106 hot-  and  cold-wall  tests,  but  a  somewhat  poorer 
correlation  is  shown  with  the R~ = 0.597 x 106 cold-wall  test. 
It  may  be  concluded  that  detailed  calculations  of  the  effects  of  induced  pres- 
sure,  particularly  the  variations  of  the  skin  friction  due  to  induced  pressures  or 
viscous  interaction,  are  required  for  accurate  configuration  performance  estimates  at 
low  Reynolds  numbers  when  the  boundary  layer  is  predominantly  laminar. 
CONCLUSIONS 
An analysis  of  experimental  data  for  a  hydrogen-fueled,  blended  wing-body  hyper- 
sonic  transport  concept  from  a  conventional  blowdown  wind  tunnel  and  a  shock  tunnel 
at  a  Mach  number  of  about 8 hrough a Reynolds  number  ran  e  (based  on  fuselage 
theoretical  length)  from 0.597 x lo6 to  about 156.22 x 10% leads  to  the  following 
conclusions: 
1. There  was  a  minimal  variation  of  normal-force  coefficient  with  Reynolds 
number,  or  between  test  facilities,  although  wide  variations  of  model  surface  temper- 
atures  and  tunnel  stagnation  temperatures  existed  between  the  blowdown  and  shock 
tunnels. 
2. The  minimal  variation  of  normal-force  coefficient  with  Reynolds  number  is 
indicative of an  immunity  of  normal  force  to  the  effects  of  viscous  boundary-layer 
variations  due  to  changes  in  the  ratio  of  wall  temperature  to  stream  temperature. 
4. Very  high  Reynolds  number  axial-force  coefficients,  approximating  the  invis- 
cid  values,  may  be  estimated  with  the  logarithmic  extrapolation  method  presented. 
5. The  Mark  I11  Gentry  Hypersonic  Arbitrary-Body  Aerodynamics  Program  provides 
excellent  estimates  of  the  inviscid  axial-force  coefficients  for  the  present  blended 
wing-body  configuration. 
6. The  low  Reynolds  number  experimental  tests  were  made  under  predominantly 
laminar  flow  conditions,  and  the  high  Reynolds  number  tests  were  made  under  predomi- 
nantly  turbulent  flow  conditions. 
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7. Higher  transition  Reynolds  numbers  occurred  in  the  shock  tunnel  and  were  due 
to  greater  boundary-layer  stability  on  the  cold-wall  model  and  the  apparent  lower 
noise  level  in  the  larger  test  section. 
8. For  a  given  hypersonic  Mach  number,  the  laminar  skin  friction  decreased  with 
increases  in  the  ratio  of  wall  temperature  to  local  temperature  or  in  stream  static 
temperature  or  in  both. 
9. Satisfactory  estimates  of  laminar  axial-force  coefficients,  and  thus  config- 
uration  performance  coefficients,  can  be  made  only  when  the  effects  of  induced  pres- 
sures  have  been  taken  into  account,  particularly  the  variations  in  skin  friction  due 
to  induced  pressure.  Knowledge  of  wall  temperature  distributions,  accounting  for 
local  areas  of  boundary-layer  transition,  and  the  calculation  of  pressure  distribu- 
tions  and  skin  friction  along  surface  streamlines  would  further  improve  calculations. 
10. Estimates  of  turbulent  axial-force  coefficients  and  performance  were  only 
fair,  due  in  part  to  the  need  of  drag  increments  from  boundary-layer  induced  pres- 
sures  and  viscous  interaction  and  a  computer  program  that  uses  the  virtual-origin 
concept  for  the  initiation  of  the  turbulent  boundary  layers. 
Langley  Research  Center 
National  Aeronautics  and  Space  Administration 
Hampton, VA 23665 
May 4, 1983 
APPENDIX  A 
HYPERSONIC TUNNEL CALIBRATION 
Langley  Mach 8 Variable-Density  Tunnel 
The  circular  cross-section  axially  symmetric  nozzle  design  of  the  Langley  Mach 8
Variable-Density  Tunnel  and  the  rapid  expansion  of  the  wall  contour  downstream  from 
the  first  minimum  contribute  to  a  region  of  varying  dynamic  pressure  near  the  longi- 
tudinal  centerline of the  test  section.  This  focusing  effect  produces  spikes  in  the 
calibration  amounting  to as much  as  +1.24  percent o -3.2 percent,  of  the  average 
stream  dynamic  pressure  over  a  region  about  2  inches  in  diameter.  (See  fig. 9 taken 
from  ref. 19.) The  present  tests  were  designed  to  have  the  model  remain  between  this 
central  core  and  the  thick  3.5-inch  tunnel-wall  boundary  layer. 
Figure  10(  a)  shows  a  frontal  view  of  the  model at a FJ Oo, 3O, and 6 O  mounted 
inverted  in  a  region  of  undisturbed  flow  with  the  center  of  rotation  at  2  inches 
below  the  tunnel  centerline.  The  calibration  of  this  nozzle  consisted  of  a  vertical 
and  horizontal  centerline  survey  at  various  longitudinal  intervals  through  the  test 
section  at  various  stagnation  pressures. A study  of  these  data  showed  that  the 
longitudinal  average  of  measurements  on  the  horizontal  survey  were  approximately  the 
same  as  average  measurements  on  the  vertical  survey  if  they  were  made  at  the  same 
radial  distance  from  the  nozzle  centerline.  This  made  it  possible to  estimate  with 
confidence  the  Mach  number  on  concentric  contours  about  the  nozzle  centerline.  These 
lines  of  constant  average  Mach  number  are  shown  in  figure  10(b)  superimposed  on  the 
frontal  view  of  the  model  test  region.  The  region  shown  was  numerically  integrated 
to  obtain  an  overall  average  test  Mach  number  for  the  various  calibration  stagnation- 
pressure  levels.  The  results of this  integration  plotted  as  a  straight  line  against 
stagnation  pressure  on  semilogarithmic  paper  are  presented  in  figure 11. The 
Reynolds  number  based  on  theoretical  fuselage  length  (with  boattail)  and  the  average 
Mach  number  shown  in  this  figure  are  also  plotted  as  a  straight  line  against  stagna- 
tion  pressure,  but  on  full  logarithmic  paper. 
Calspan  96-Inch  Hypersonic  Shock  Tunnel 
The  authors  were  not  involved  in  the  calibration  of  the  Calspan  96-Inch  Hyper- 
sonic  Shock  Tunnel;  this  section  is  therefore  limited  to  a  description  of  the  flow 
conditions  for  the  tests  reported  in  reference 1 and  analyzed  herein.  As  expected, 
the  stagnation  pressure  was  increased  with  required  Reynolds  number  as  presented  in 
figure  12,  but  contrary  to  normal  practice  in  a  blowdown  or  continuous  hypersonic 
tunnel,  the  stagnation  temperature  was  increased  at  the  lower  Reynolds  numbers to
facilitate  the  production  of low Reynolds  number  conditions  by  increasing  the  viscos- 
ity  and  decreasing  the mass density.  At  the  higher  Reynolds  number  the  total  temper- 
ature  was  reduced to  values  just  high  enough  to  avoid  air  liquefaction,  thereby  mini- 
mizing  the  viscosity  and  maximizing  the  density  to  produce  the  nearly  flight  level 
Reynolds  numbers.  The  variation  of  Mach  number  with  Reynolds  number  (fig.  12)  was 
somewhat  less  than  that  of  the  Langley  Mach 8 V riable-Density  Tunnel,  had it been 
capable  of  being  run  at  pressures  sufficiently  low  and  high  enough to produce  the 
same  wide  Reynolds  number  range.  This  was  due to  the  use  of  interchangeable  throats 
for  the  contoured  nozzle  which  had  an  exit  diameter  of  24  inches. 
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LAMINAR SKIN  FRICTION AND DISPLACEMENT BOUNDARY-LAYER THICKNESS 
Laminar Skin Friction 
The Gentry  Hypersonic  Arbitrary-Body  Aerodynamics  Program (GHABAP) u t i l i z e s  
Monaghan's T'-theory, or reference temperature method, of r e fe rence  8 f o r  t h e  c a l c u -  
l a t i o n  of  laminar  sk in  f r ic t ion .  This  method is a semiempirical modi f ica t ion  of  the  
classic Blas ius  incompress ib le  laminar  sk in  f r ic t ion  by making t h e  c a l c u l a t i o n s  on 
the  f low proper t ies  based  on a r e fe rence  t empera tu re  r a the r  t han  e i the r  t he  loca l  
stream o r  w a l l  temperatures.  For a f l a t  p l a t e  t h e  e q u a t i o n  f o r  l o c a l  s k i n  f r i c t i o n  
is 
where 
and 
s i n c e  
- 0.468(N  Pr )lI3(; - F) - 0 . 2 7 3 N p r ( ~ ) M 1  2 
Taw 
" - 1 + ( N  ) 
T' Pr 
and 
TO 
" - 1 + ( q ) M  
1 
- Tw + 0.468(Npr) 4- ( N p r )  'I2 .-$ - ( N p r ) ' / 3  
T 
"  
T1 T1 1 
TO - 0.273Npr T + 0.273Npr 
1 
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With  the  substitution  of  Prandtl 
temperatures. For Npr = 0-68, 
T' = 0.588Tw + O.154T0 
for  Npr = 0.75, 
T' = 0.575Tw + 0. 164To 
and  for  Npr = 1 0, 
T' = 0.5321, + 0. 195T0 
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number,  equation  (B6)  yields  the  following  reference 
+ 0.262T1 
The  similarity of these  equations  shows  the  relative  insensitivity  of  the  reference 
temperature  to  Prandtl  number  and  thus  a  similar  insensitivity  of  the  calculated 
skin-friction  coefficient  to  Prandtl  number. 
Plots  of  the  laminar  flat-plate  skin-friction  parameter C f G .  from  equa- 
tion  (Bl)  are  presented  in  figure 13. Figure  13(a)  shows  the  skin-friction  parameter 
versus  Mach  number  for  a  typical  blowdown  wind-tunnel  stream  static  temperature  of 
lOOoR  for  various  wall  temperature  ratios.  This  is  the  typical  plot  that  is  used  to 
present  hypersonic  laminar  skin  friction;  it  shows  a  relative  insensitivity  of  skin 
friction to Mach  number  but  a  considerable  sensitivity  to  the  wall  temperature. F r o m  
this  plot  it  could  be  concluded  that  the  laminar  skin  friction  decreases  with 
increased  wall  temperature;  this  is  correct  for  a  given  stream  static  temperature. 
Because  the  present  study  concerns  experimental  data  measured  in  two  distinctly  dif- 
ferent  temperature  environments  at  approximately  the  same  Mach  number,  figure  13(b) 
was  generated  at  a  constant  Mach  number  of 8 with  stream  static  temperature  as  the 
variable.  Data  points  are  included  at  the  appropriate  wall  temperature  ratios  and 
stream  static  temperatures  for  the  present  Langley  and  the  Calspan  test  conditions. 
It  may  be  seen  that  the  skin-friction  parameter  is  slightly  smaller  for  the  cold-wall 
test  condition  because  of  the  twofold  to  threefold  increase  in  stream  static  tem- 
perature  and  the  nearly  80  percent  lower  wall  temperature  ratio.  It,  therefore,  may 
be  concluded  that  for  a  constant  Mach  number  the  laminar  skin  friction  decreases  not 
only  with  increasing  wall  temperature  but  also  with  increasing  stream  static 
temperature. 
Displacement  Boundary-Layer  Thickness 
The  reference  temperature  method  of  reference 8 was  also  used  to  study the 
induced  pressure  effects  of  boundary-layer  buildup  on  the  wing  surfaces. An example 
of  the  large  change  in  the  measured  surface  pressures  that  may be expected  near  the 
leading  edge  of  a  wing  hypersonic  flow  and  the  resulting  large  favorable  chordwise 
pressure  gradient  was  first  shown  by  Becker  in  reference 20.  These  experiments  were 
made  in  the  first  hypersonic  wind  tunnel,  the  NACA/NASA  Langley  11-Inch  Hypersonic 
Tunnel,  at  a  Mach  number of 6.9. Wing  surface  pressures  were  accurately  predicted 
using  the  contour  of  the  displacement  boundary-layer  thickness  as  the  effective  wing 
surf  ace. 
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Monaghan's equat ion  for  d i sp lacement  th ickness  w a s  d e r i v e d  i n  terms of  f ree-  
stream Mach number, l o c a l  u n i t  Reynolds  number, local  and w a l l  temperature ,  Prandt l  
number,  and the Chapman-Rubesin v iscos i ty- tempera ture   re la t ion .   Af te r  terms are 
co l l ec t ed ,  Monaghan's equation can be writ ten as follows: 
With t h e  s u b s t i t u t i o n s  of P rand t l  number, equat ion (B10) s implif ies  t o  the  fo l lowing  
equations.   For Npr = 0.68, 
6*jr  Runi  t = 2.083 - TW + 0.288(y - 1 ) M 1 2  - 0.363 
T1 
For Npr = 0.75, 
6*{% = 1.719 - TW + 0.323(y - V I M 1  2 
T1 
(B13) 
P l o t s  of the   t h ree   equa t ions   ( eqs .   (B11)   t o  (B13)) f o r  Npr = 0.68,  0.75, 
and 1.0 a re  presented  i n  f i g u r e  14 f o r  l o c a l  Mach numbers  up t o  10 a n d  t h e  r a t i o s  
Tw/T1 up t o  16. To examine more c l o s e l y   t h e   e f f e c t   o f   P r a n d t l  number  on 6*, a 
c r o s s   p l o t  of 6 * \ ( R u n i t / C X  versus  Tw/T1 is p r e s e n t e d   i n   f i g u r e  15 f o r  a Mach  num- 
b e r  of 8. It may be   s een   t ha t  smaller va lues  of 6*d- are p r e d i c t e d   f o r  
NPr = 1.0. To de termine   the   d i f fe rence   be tween  the   p red ic t ion   of  6* by t h i s  method 
and by t h e  more r igorous  method of reference 10, f i g u r e  16 was genera ted  for  a 
laminar  boundary  layer a t  M1 = 8 and a cons tan t  l o w  Reynolds number of  0.384 X 1 06. 
For  the range of  wal l - temperature  ra t ios  considered,  it may be  seen  tha t  t he  va r i a -  
t i o n  between the  two d i s s i m i l a r  methods was no  more than 5 percent  for  cold-wal l  t es t  
22 
I I APPENDIX B 
j 
I procedure  and the use  of NPr - 0.68 would  be t h e  more realistic. 
condi t ions and about  3.5 percent  for  the  hot -wal l  tes t  condi t ion.  It w a s  t he re fo re  
concluded  tha t  the  T ' - theory  of  re ference  8 w a s  adequa te  fo r  t he  p re sen t  ca l cu la t ion  
Equation (B11) may be w r i t t e n   f o r  y = 1.4 as   fo l lows:  
+ O.1152Ml2 - 
and 
d 6* - =  + 0.1 152M - 0.363 
1 
which is the  loca l  s lope ,  i.e., tan"  of the angle between the wing surface and the 
curved boundary of the displacement  
t i o n s  (B15) and (B16) r e s u l t s   i n  
thickness  contour a t  s t a t i o n  X. Combining  equa- 
6* 
which provides  the fol lowing s imple relat ion between the local  s lope of  the contour  
of the displacement boundary layer and its thickness  or  depth:  
Equations (B15) and (B18) were used extensively as discussed under  the sect ion 
e n t i t l e d  "Theoretical Methods .I' 
Examples of the  d is t r ibu t ion  of  the  d isp lacement  boundary  layer  are shown i n  
f i g u r e  17 for  the  exposed  wing root  chord  sec t ions  for  bo th  the  hot -  and  cold-wall 
tests. These boundary-layer  displacement  thickness  dis t r ibut ions were ca l cu la t ed  by 
use of equat ion (B15) a t  a Mach number of 7.74 and a Reynolds number of 1.367 X lo6 
based  on  theore t ica l  body length.  The boundary layer is nea r ly  twice as t h i c k  on t h e  
wing s e c t i o n  from the hot-wal l  test t h a n  t h a t  from the cold-wall test; the re fo re ,  
c r e a t i n g  h i g h e r  f l o w  d e f l e c t i o n s  j u s t  downstream of the leading edqe, and thus higher  
induced  pressures   than were created  during  the  cold-wal l  tests. Figure 18 i l l u s -  
t r a t e s  t h e  r a p i d  v a r i a t i o n  of the slope of the displacement boundary layer which may 
be seen to  decrease by about 95 p e r c e n t  i n  t h e  f i r s t  10 percen t  of t he  wing r o o t  
chord. An i n s e t  p lot  on f i g u r e  18 i l l u s t r a t e s  t h e  v a r i a t i o n  of the  tangent-wedge 
pressure  ratio with the boundary-layer slope and the re su l t i ng  f low de f l ec t ion .  
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Although the forward surface of the boundary layer is blunt  and may c r e a t e  a small 
region of  detached f low and very high local  pressures ,  the integrated pressure f o r c e  
i s  of l i t t l e  consequence due to  the very small areas involved. 
A t y p i c a l  c a l c u l a t e d  p r e s s u r e  d i s t r i b u t i o n  is p r e s e n t e d  i n  f i g u r e  1 9 ( a )  f o r  t h e  
exposed wing root  chord of  the model during the hot-wal l  test and f o r  t h e  v a r i a t i o n  
of  the  in tegra ted  chordwise  ax ia l  p ressure  d is t r ibu t ions  p lo t ted  wi th  respect t o  t h e  
exposed  wing  semispan i n  f i g u r e  1 9 ( b ) .  T h i s  f i g u r e  i l l u s t r a t e s  the h igh  ca l cu la t ed  
pressures  a t  the leading edge on both the top and bottom wing surface for a = 3 O ,  
which c o n t r i b u t e s  s u b s t a n t i a l l y  to the  ax ia l  f o r c e  b u t  n e g l i g i b l y  to the normal force 
due t o  t h e  similar upper  and  lower  surface pressure changes. The a x i a l  p r e s s u r e  
c o e f f i c i e n t  is  shown to increase spanwise and is  a p l an fo rm e f fec t  of wing taper due 
to the lower local Reynolds number a t  the  t i p  and the  resu l t ing  increased  induced  
pressures .  
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EFFECT OF MODEL LOCATION AND TEST TIME ON FORCE-BALANCE DATA 
RECORDED I N  LANGLEY MACH 8 VARIABLE-DENSITY TUNNEL 
In  genera l ,  hypersonic  blowdown tunnels  with axisymmetr ic  nozzles  have central  
tes t  cores of nonuniform flow compared t o  t h e  a v e r a g e  t e s t - s e c t i o n  c a l i b r a t e d  Mach 
number, as d i scussed  in  append ix  A. I n  add i t ion ,  hype r son ic  tunne l s  des igned  fo r  
about  M = 4 and  h ighe r  t ha t  ope ra t e  a t  pressures above 400 ps i a  r equ i r e  add i t iona l  
h e a t  t o  be  added t o  the air t o  p r e v e n t  a i r  condensa t ion  ( l iquefac t ion)  dur ing  the  
expans ion  to  tes t  Mach number. This heated a i r  o f t e n  d i s t o r t s  t h e  c o n t o u r e d  t u n n e l  
walls, p a r t i c u l a r l y  i n  t h e  v i c i n i t y  of t he  nozz le  th roa t  or f i r s t  minimum, r e s u l t i n g  
i n  a va r i a t ion  wi th  time of the  average  tes t - sec t ion  Mach number and the stream 
dynamic pressure .  
The Langley Mach 8 Variable-Density Tunnel is a blowdown f a c i l i t y ,  h a s  a n  
a x i a l l y  symmetric nozz le ,  and  u t i l i zes  h igh  tempera tures  to  test  a t  high Mach numbers 
and thus meets a l l  of the above criteria. A s p e c i f i c  test w a s  des igned  to  de te rmine  
the  magnitude of t h e  v a r i a t i o n s  of  these test  condi t ions .  It consisted  of a series 
of tests a t  a cons t an t  ang le  of a t t a c k  of 3 O  i n  which t h e  model p o s i t i o n  w a s  var ied  
from 1 inch above the test  s e c t i o n  c e n t e r l i n e  t o  2 inches below the center l ine 
( f i g .  2 0 ) .  The r e s u l t s  of these  tests are p r e s e n t e d  i n  f i g u r e  21 and show t h a t  t h e .  
l i f t  c o e f f i c i e n t  v a r i e d  up t o  as much as 6 percent  a t  the lower Reynolds number and 
t h a t  t h e  p i t c h i n g  moment var ied  more than 20 percent  a t  the  in te rmedia te  and h igher  
Reynolds  numbers. It w a s  therefore   concluded   tha t  a l l  o the r  tests would be conducted 
with the model i n  t h e  more uniform a i r  2 inches below the center l ine.  
During t h e  p o s i t i o n  tests, data were taken a t  approximately 5-second intervals ,  
and  the  r e su l t s  are p r e s e n t e d  i n  f i g u r e  22 using  expanded scales. It may be seen 
t h a t  t h e r e  w a s  a v a r i a t i o n  of c o e f f i c i e n t  w i t h  time a t  a l l  model pos i t i ons  and t h a t  
t h e  l i f t  c o e f f i c i e n t  decreased and  the  pitching-moment  coefficient  increased. Par t  
of t hese  va r i a t ions  w a s  due t o  t h e  h e a t i n g  up  of t he  model nonuniformly and thereby 
c o n t r i b u t i n g  t o  v a r i a t i o n  i n  h e a t  l o a d  t o  t h e  w a t e r - c o o l e d  s h i e l d  of the balance and 
possibly  unsymmetr ical   heat ing  of   the  s t ra in   gages.  It w a s ,  t he re fo re ,   dec ided   t o  
u t i l i z e  where poss ib le  only  those  data recorded a t  about  10 seconds for  analysis  and 
i n c l u s i o n  i n  t h e  p r e s e n t '  r e p o r t .  
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TABLE I.- GEOMETRIC CHARACTERISTICS OF MODEL 
Wing: 
Reference area (includes area projected to fuselage centerline). 
c m 2  ( in2) ........................................................ 451.64 (70.00) 
Wetted area. cm2 (in2) ............................................. 390.09 (60.42) 
Span. cm ( i n . )  ..................................................... 24.71 (9.730) 
A s p e c t  r a t i o  ................................................................ 1.353 
Tip  chord. cm (in.) ................................................ 3.32 (1.308) 
Taper ra t io  ................................................................. 0.099 
Mean aerodynamic chord. c m  ( in.)  ................................... 22.38 (8.810) 
Sweepback angle. deg: 
Leading edge .............................................................. 65.0 
Trailing edge ............................................................. -15.4 
Dihedral  angle ( a i r f o i l  mean l ine) .  deg ........................................ 0 
Incidence  angle. deg ........................................................... 0 
Wing airfoi l   sect ion  (see  f ig  . 1 ) :  
Exposed area outboard of strakes. cm2 (in2) ........................ 195.04 (30.23) 
Root chord (on fuselage centerline). c m  (in.) ...................... 33.24 (13.086) 
25-percent chord l i n e  ..................................................... 56.99 
Thickness r a t io  of - 
Exposed root ............................................................ 0.03 
T i p  ..................................................................... 0.03 
Fuselage centerline chord ....................................... 0.00762 (0.003) 
Tip ............................................................. 0.00762 (0.003) 
Trailing-edge height .............................................. 0.01524 (0.006) 
Area (exposed). cm' ( in2 )  ......................................... 79.99 (12.399) 
Span (exposed). cm ( i n . )  ............................................ 9.33 (3.672) 
Aspect r a t io  of exposed area ................................................ 1.09 
Tip chord. cm (in.) ................................................. 3.53 (1.390) 
Taper ra t io  ................................................................. 0.259 
Sweepback angle. deg: 
Leading-edge radius. cm ( i n  . : 
Center f i n  proposed ve r t i ca l  t a i l ) :  
Root chord (fuselage surface line). c m  ( in.)  ........................ 13.59 (5.353) 
Mean aerodynamic chord of exposed area. c m  ( i n . )  .................... 9.55 (3.759) 
Leading edge .............................................................. 60 
Trailing edge ............................................................. -30 
Fin airfoil   section.  variable : 
Thickness ra t io  of . 
Tip t ra i l ing  edge ......................................................... 0.06 
Root t ra i l ing  edge ........................................................ 0.06 
Leading-edge radius. cm ( i n . )  ............................................... 0.003 
Length. cm ( i n . )  theoretical model .................................. 65.84 (25.92) 
Length. cm (in.)  test model ......................................... 59.95 (23.61) 
Maximum height. cm ( i n . )  ............................................ 3.63 (1.428) 
Maximum width excluding strakes. cm (in.)  ........................... 7.25 (2.856) 
Nose radius. c m  ( i n . )  ............................................. 0.00762 (0.003) 
Fineness ra t io  of equivalent round  body (excluding strakes) ................. 13.0 
Base area. cm2 ( i n 2 )  ................................................. 11.03 (1.710) 
Planform area of theoretical model. cm2 ( i n 2 )  .................... 648.69 (100.541) 
Planform area of t e s t  model. cm2 ( i n 2 )  ........................... 633.38 (98.268) 
Aspect ra t io  of theoretical-model planform .................................. 0.942 
Aspect ra t io  of test-model planform ......................................... 0.963 
Wetted area. approximate. cm2 ( i n 2 )  .............................. 1451.70 (22560) 
Fuselage: 
Complete model (excluding v e r t i c a l  t a i l  and engine): 
Model scramjet engine (proposed): 
Frontal area. 2 percent wing area. cm2 ( in2 )  ......................... 9.03 (1 . 40) 
Chord ra t io  of width to height .............................................. 4.8 
Volume  of t e s t  model. cm ( i n  ) 896.46 (54.70) 
V2l3/Ap (test model) .......................................................... 0.146 
3 ..................................... 
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TABLE 11.- CROSS-SECTIONAL  DIMENSIONS OF FUSELAGE 
x/ 1 x 
0 0 
.067 
3.456 .133 
1.728 
25.056 .967 
24.1 92  .933 
23.328 .900 
22.464  .867 
21.599 .833 
20.736  .800 
19.872 .767 
19.008 ,733 
18.1  44 .700 
17.279 .667 
15.552 .600 
13.824 .533 
12.096 .467 
10.368 .400 
8.639  .333 
6.912 .267 
5.184 .200 
1 .OOO 25.920 
H 
0 
.411 
-663 
.862 
1.022 
1 .151 
1.253 
1.316 
1.379 
1.426 
1.428 
1 .426 
1.378 
1 .316 
1.253 
1 .151 
1.022 
.862 
.66
.411 
0 
[All values  are i n  i n c h e s ]  
A rad.  B 
0.396 0 
.194 
3.164 .025 
2.436  .083 
1.508 
0 3.751 
0 4.233 
0 4.597 
0 
5.234 0 
5.242 0 
5.234 0 
5.058 0 
4.828 
,007 5.058 
.032 4.828 
.076 4.597 
.126  4.223 
.180 3.751 
.230  3.164 
.284 2.436 
.338 1.508 
.396 0 
rad. T 
0 
.465 
.752 
.977 
1.158 
1.304 
1.419 
1 .491 
1.562 
1 .616 
1.618 
1 e616 
1.562 
1 .491 
1.419 
1.304 
1.1 58 
.977 
.752 
.465 
0 
-r 
I .  
- 
L 
* 
F a i r i n g  t o  wing. 
tDistance t o  leading edge or t ip .  
0 0 
.084 .632 
.389 1.264 
.457 1 .897 
.533 2.529 
.547 3.161 
.590 3.791 
.644 4.424 
.634 5.058 
' .522  5. 34 
' .392 
.389 
' .432 
' .529 
' .601 
' 
' .457 
0 
rad. E 
3 
. lo3 
.166 
.216 
,255 
.288 
.313 
.329 
.345 
.357 
.357 
.356 
,345 
.329 
.313 
.288 
.256 
,216 
.166 
.lo3 
3 
Sd 1 S W  
.lo1  .084 
.163  .154 
.212 .216 
.251 .274 
.283  .33  
,308  .383 
.324  .429 
.339  .465 
.353 t l  .014 
.351 t l  .819 
.342 t2.224 
,313  +2.676 
.281 t 3  .141 
.245  t3.607 
.198 t3.174 
.117 2.485 
rad. w 
1.440 
3.870 
4.320 
1.800 
1.080 
1.800 
2.01 6 
2.808 
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Figure 1.- mtaiIs of wind-tunnel model. A l l  dimensions  have  been  normalized by the  
f u s e l a g e   t h e o r e t i c a l   l e n g t h  I = 25.92 in .  Dashed l i n e s  show components not   used 
i n   p r e s e n t  tes t .  
\ 
Figure  2.- D e t a i l  of fu se l age  c ros s  sec t ion  and strake  design.  Dimensions 
a r e  l i s t e d  i n  t a b l e  11. 
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Figure 3.-  Computer drawing of panel ing scheme of configurat ion as i n p u t  for hypersonic aerodynamic 
ca lcu la t ions .  
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( a )  Normal force.  
Figure 4.- Comparison of t h e o r e t i c a l  f o r c e  and moment coeff ic ients  with experimental  
da t a  fo r  va r ious  Reynolds numbers i n  t h e  Langley Mach 8 Variable-Density Tunnel 
and the Calspan 96-Inch Hypersonic Shock Tunnel. 
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Figure 4.- Continued. 
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Figure 4.- Continued. 
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Figure 4.- Continued. 
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Figure 5.- Comparison of experimental  normal- and axial-force coefficients 
wi th  ca lcu la t ions  f rom the  GHABAJ? on the  fuse lage-wing  conf igura t ion .  
a = 3'; M, FS 8. 
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( a )  Extrapolat ion of laminar data.  
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( b )  Reynolds number root  de te rmina t ion .  
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(c) Extrapola t ion  of t u r b u l e n t  d a t a .  
Figure 6.- Extrapolat ion of data t o  v e r y  high Reynolds 
numbers. a = 3'; M, = 8 .  
I I I I O I I  
TcA, Total Calspan  Cold  wal l  
cA 
(I- 
?k ) I t )  I I I I I l l l l  1 3 6 10 
R Z  x 
(a)  Bui ldup of laminar  theory.  
I I I I I l l 1  I I I I I i l l 1  I 
0 LRC Hot wall  
"" o Calspan  Cold  wall  
3 O  
." 
.c" 
Turbu len t  CF 
I I I I I I 1 1 1  I I I I l l l l  I J 
1 
I 
3 6 10 30 60 100 300 
R Z  x 
(b) Comparison of experiment and theory. 
Figure 7.- Buildup of present  laminar  pred ic t ions  of  ax ia l - force  
c o e f f i c i e n t  a t  two w a l l  temperature ratios and comparison with 
experimental   data .  a = 3 O  ; M,,, = 8. 
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Figure 8.- Comparison  of experimental l i f t ,  drag, and l i f t -drag  ra t io  
a t  two wall temperature ratios with improved theory. a = 3 O ;  
M, fl 8. 
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Figure  9.- Vertical Mach number d i s t r ibu t ion  ( t aken  f rom re f .  1 9 )  through 
t e s t - sec t ion  cen te r l ine  o f  the Langley Mach 8 Variable-Density Tunnel. 
Po = 2515 psia; To = 1460OR. 
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( a )  Schematic  downstream  view of t e s t - s e c t i o n  area u t i l i z e d  
for p re sen t  tests. 
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(b) R a d i a l  l i n e s  of c o n s t a n t  c a l i b r a t e d  Mach number superimposed 
on f r o n t a l  view of model. 
F igure  10.- Test reg ion  and  ca l ibra t ion  scheme i n  t h e  L a n g l e y  
Mach 8 Variable-Density Tunnel. 
45 
R 
Po, psia 
Figure  11.- Calibration Reynolds number and Mach number f o r  
s tagnat ion  pressure  range  in  the  Langley  Mach 8 Variable- 
Density Tunnel. 
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Figure 12.- Test condi t ions  for p re sen t  study i n  t h e  C a l s p a n  
96-Inch Shock Tunnel. 
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(a) Variation w i t h  local Mach number. T1 = 100'R. 
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(b) Variation w i t h  local  temperature. M1 = 8. 
Figure 13.- Variation of local  f la t -plate  laminar s k i n  f r i c t ion  with local 
Mach  number and local temperature. 
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Figure 14.- Variat ion of laminar-boundary-layer displacement thickness (ref.  8 ) .  
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Figure 15.- Variat ion of  boundary-layer  displacement  thickness  ( ref .  8) on 
a f l a t  p l a t e  w i t h  t e m p e r a t u r e  r a t i o  f o r  v a r i o u s  P r a n d t l  numbers  and M1 = 8. 
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Figure 16.- Var ia t ion  of calculated boundary-layer displacement thickness on a 
f l a t  p l a t e  by  two t h e o r e t i c a l  methods a t  M, = 8 and s t , ,  = 0.384 X lo6. 
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Figure 17.- Variation of calculated laminar-boundary-layer displacement thickness 
6 on exposed wing root chord. M, = 7.74; R, = 1.4 x 10 . with wall temperature 
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Figure 18.- Variation of the slope of boundary-layer displacement thickness with exposed wing 
root chord and r e s u l t i n g  tangent-wedge pressure.  R ,  = 1.4 x 10 6 ; M, = 8. 
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(a) Variation of pressure  coefficient on the exposed wing root chord. 
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Figure 1 9 .- Concluded. 
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Figure 20.- Schematic downstream view of t e s t  s e c t i o n  w i t h  model a t  v a r i o u s  v e r t i c a l  l o c a t i o n s  i n  the 
Langley Mach 8 Variable-Density Tunnel. 
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Figure 21 .- Variation of l i f t  and pitching-moment c o e f f i c i e n t s  w i t h  v e r t i c a l  
t e s t - sec t ion  loca t ion  a t  va r ious  Reynolds numbers i n  t h e  Langley Mach 8 
Variable-Density  Tunnel. a = 3O. 
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Figure 22.- Var i a t ion  of l i f t  and pitching-moment coefficients with 
blowdown-tunnel test  time f o r  v a r i o u s  v e r t i c a l  t e s t - s e c t i o n  l o c a t i o n s  
i n  t h e  L a n g l e y  Mach 8 Variable-Density Tunnel. R I  = 11.01 x lo6; 
a =  3 O .  
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